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A new concept for the low-speed propulsion mode in rocket-based combined cycle engines has been developed
as part of the NASA GTX program. This concept, called the independent ramjet stream (IRS) cycle, is a variation
of the traditional ejector ramjet (ER) design and involves the injection of hydrogen fuel directly into the airstream,
where it is ignited by the rocket plume. The advantage of the IRS design is that it allows for a single large rocket
instead of several smaller rockets, and its required combustor length is smaller than that of a traditional ER design.
Both of these features make the IRS design lighter. Experiments and computational fluid dynamics are currently
being used to evaluate the feasibility of the new design. In this work, a Navier–Stokes code valid for general
reactive flows is applied to the model engine under cold-flow, ER, and IRS cycle operation. Pressure distributions
corresponding to cold-flow and ER operation are compared with experimental data. The engine response under
IRS cycle operation is examined for different reaction models and grid sizes. The solutions exhibit a high sensitivity
to both grid resolution and reaction mechanism but do indicate that thermal throat ramjet operation is possible
through the injection and burning of additional fuel into the airstream.

Nomenclature
c = molar density
k = turbulence kinetic energy
M = Mach number, molar mass
MR = mass ratio
ṁ = mass flow rate, lbm/s (kg/s)
p = pressure, psia (kPa)
T = temperature, ◦R
x , y, z = Cartesian body axes, in. (cm)
Y = mass fraction
ε = dissipation per unit mass
ρ = density
φ = equivalence ratio
ω = specific dissipation rate

Subscripts

c = chamber
e = exit
i = inlet
t = total

Introduction

T HE NASA GTX concept vehicle is a single-stage-to-orbit
(SSTO) design that has incorporated rocket-based combined

cycle (RBCC) engines. The GTX is one of several designs intended
to demonstrate SSTO capability and evaluate RBCC technology.

The RBCC engines incorporated on the GTX are intended to
operate in four modes. The first mode, used from liftoff to Mach 2.5,
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is the independent ramjet stream (IRS) cycle. In the IRS mode,
hydrogen fuel is injected into the inlet diffuser section, where it
mixes with the incoming air. This fuel–airstream then meets the
rocket exhaust in the combustor section. The rocket motor provides
thrust and acts as an ignition source for the fuel–air mixture. The
rocket motor is typically run fuel rich, although not as rich as a
conventional ejector ramjet (ER) design, in which no fuel injection
occurs. In a conventional ER design, all of the fuel for the ramjet
stream is contained within the rocket exhaust. Figure 1 shows a
schematic of the engine design operating in IRS mode. The rocket
plume is referred to as the “primary” stream, and the fuel–air mixture
entering the combustor section via the isolator is referred to as the
“secondary” stream. At lower inlet mass flow rates, the majority of
the engine mass flow is contained within the primary stream, but as
the vehicle accelerates, the secondary stream eventually becomes
more significant than the primary stream.

A key requirement for the IRS concept is the ability to establish
thermal-throat ramjet operation in the secondary stream within the
allowable combustor length. In a thermal-throat ramjet, choking is
achieved through the addition of heat rather than through a converg-
ing section with a minimum area sufficient to choke the flow. In
this way, a diverging combustor section effectively behaves like a
converging–diverging nozzle. If the heat release is high enough in
the flame to overcome the effect of area change, then subsonic flow
accelerates as if it is going through a converging section. Sufficient
heat release will accelerate the flow to sonic and create a thermal
throat. Downstream of the flame, where there is little or no heat re-
lease, the diverging effect of the geometry dominates, and the flow
is accelerated supersonically.

As the launch vehicle gains speed and altitude, the rocket motor
produces a smaller percentage of thrust, and its piloting capability
becomes unnecessary. The rocket is gradually throttled back until,
at around Mach 2.5, the rocket motor is shut off completely. This
point is the transition from mode 1 to mode 2, which is a pure ram-
jet mode. This ramjet mode remains efficient until around Mach 6,
when supersonic combustion becomes more practical. The transi-
tion from ramjet to scramjet is induced by a centerbody translation.
This change in the inlet geometry allows for fully supersonic flow
throughout the combustor. At around Mach 11, it is necessary to turn
the rocket motor back on to maintain thrust. The centerbody is then
translated again to close the inlet completely. The rocket provides
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Fig. 1 Schematic of RBCC engine during IRS operation.

all of the thrust for the remainder of the ascent. More details about
the GTX propulsion system’s operation are given by Trefny.1

The IRS cycle is expected to have several advantages over the
conventional ER cycle. ER designs typically require long combus-
tor sections to allow for mixing of the fuel-rich rocket exhaust with
the incoming air, burning, and establishment of a thermal throat.
The IRS cycle could potentially allow for a shorter combustor sec-
tion because much of the fuel would be premixed with the incoming
airstream. Burning in premixed or partially premixed mode can re-
sult in flame propagation across the extent of the combustor and
more rapid heat release.2 Most ER designs employ multiple small
rockets to enhance mixing, but the IRS design is more structurally
efficient because it allows for a single large rocket. The IRS cycle
is also expected to allow better transition into pure ramjet mode
because fewer changes in the engine flowpath would be necessary
for IRS-to-ramjet transition than for ER-to-ramjet transition. The
major challenge of the IRS design is that combustion must occur
in a large cross-section combustor at low ram Mach numbers. This
requires even distribution of the fuel, which is hard to accomplish
without the assistance of spray bars or other components that will
obstruct the flowpath during other modes.

A scaled-down version of the GTX RBCC engine has been con-
structed and installed at the direct-connect facility at NASA John H.
Glenn Research Center at Lewis Field. The model engine consists
of a translating centerbody mounted on a flat plate and surrounded
by a contoured cowl. Both the centerbody and cowl are semicircular
in cross section. The forward section of the centerbody mimics the
area ratio profile of the full-sized GTX engine design. A backward-
facing step behind the centerbody’s widest point provides an isolator
region for fuel injection and mixing. A combustor section with a di-
vergence half-angle of 5 deg is connected to the cowl. The rocket
motor is located at the aft end of the centerbody, and the plume ex-
hausts parallel to the flat plate. Two fuel injector banks are located
in the isolator region. Each bank consists of 11 fuel injectors that are
equally spaced around the circumference of the cowl. The injectors
are all 0.2 in. (0.508 cm) in diameter. These fuel injectors allow for
IRS operation of the engine. ER operation is accomplished by not in-
jecting any fuel. More details of the test apparatus and experimental
results obtained are given by Kamhawi et al.3

The present work focuses on simulating the flow within this model
engine. The purpose of the computational fluid dynamics (CFD)
work is to understand the flow and combustion physics during IRS
and ER operation and in transition to pure ramjet mode. The CFD
work began with an attempt to match experimental cold-flow data.4

The work has progressed into simulation of ER and IRS operation.5

A summary of cold-flow results and several ER and IRS cases are
discussed in this paper.

Numerical Methods
The numerical solutions were produced using a validated Navier–

Stokes flow solver for unsteady, reactive flow calculations on
massively parallel architectures.6−8 The solver incorporates high-
resolution upwind differencing based on the low-diffusion, flux-
splitting scheme of Edwards.9 Time integration is accomplished
using a dual-time-stepping procedure to maintain second-order tem-
poral accuracy. This integration is done implicitly via incomplete
block factorization and planar Gauss–Seidel relaxation in order to
allow for time steps that are much larger than possible with an
explicit integration scheme. Increased computational efficiency is
achieved by storing the factorization of the system Jacobian ma-
trix for each subdomain in physical memory. After an initialization
period when the Jacobian must be calculated at each iteration, the

Fig. 2 Computational mesh used for ER and IRS simulations.

frequency of Jacobian calculations is lowered, and the code is able
to perform many more iterations in the same amount of CPU time.
Communication between subdomains is accomplished via Message
Passing Interface. Second-order spatial accuracy is achieved through
minmod-limited MUSCL extrapolation of the variables to the faces
of the control volumes.10 Use of the minmod slope limiter reduces
the accuracy to first order near discontinuities.

Hydrogen–air combustion is modeled using either Jachimowski’s
7-species/7-reaction mechanism or Jachimowski’s 9-species/18-
reaction mechanism (see Refs. 11–13). The turbulence model used is
Menter’s hybrid k–ε/k–ω model.14 The compressibility correction
of Wilcox is also incorporated into the turbulence model.15 Constant
turbulent Prandtl and Schmidt numbers of 0.9 were assumed for all
cases.

The solver has been validated for steady-state shock/hydrogen
flame configurations as well as other cases.6 The code has been
validated for both two- and three-dimensional dynamic simula-
tions of time-dependent hydrogen fuel injection in a scramjet inlet-
combustor configuration.7,8

For the computational grid, half-plane symmetry with respect to
the y axis is assumed. The physical domain for the y > 0 half of the
engine is discretized using a mesh of 3.3 million points divided into
98 subdomains of equal size. Resolution of the fuel injectors is en-
hanced by tighter mesh spacing in the diffuser section. The diffuser
section is connected to its upstream and downstream sections via a
patched-grid interface. A picture of the grid is shown in Fig. 2. For
one of the IRS cases, a coarse grid was used. The coarse grid was
generated by removing every other point from the fine grid in the
axial and radial directions.

Two different inlet boundary conditions were tried for the cold-
flow and ER solutions: a constant mass flow boundary condition
and a constant total pressure boundary condition. The constant mass
flow boundary condition, which more closely represents the exper-
imental setup, fixes ṁi , T0,i , Ys,i , and velocity direction (i.e., v/‖v‖)
while extrapolating p from the interior. The constant total pressure
boundary condition, which more closely represents flight condi-
tions, fixes p0,i T0,i , Ys,i , and v/‖v‖ while extrapolating u from the
interior. Both of these boundary conditions yielded identical results
for the cold-flow and ER solutions. However, for IRS solutions, the
constant mass flow boundary condition could not be used because
of the presence of the thermal throat. The location of the thermal
throat dictates the mass flow rate through the combustor. For IRS
cases, the constant total pressure boundary condition and a charac-
teristic boundary condition were used, and they produced identical
results. The characteristic boundary condition differed from the con-
stant total pressure boundary condition in that the Riemann invariant
w3 = u − 2a/γ was extrapolated rather than u.

The exit boundary condition was a mixed subsonic/supersonic
boundary condition where all variables were extrapolated wherever
M > 1. Where M < 1, pe was fixed while u, v, w, T , and Ys were
extrapolated from the interior. At the solid walls, the adiabatic, no-
slip boundary condition was applied:

u = v = w = ∂T

∂n
= ∂ρs

∂n
= 0
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Table 1 Test case conditions

Test case pt,i pc MR φ pe

ESP 39 13.1 (90.3) N/A N/A 0.0 3.1 (21.4)
ESP 41 13.1 (90.3) N/A N/A 0.0 8.2 (56.5)
ER 8081 6.7 (46.2) 750 (5,171) 4 0.0 2.2 (15.2)
ER 8687 13.4 (92.4) 750 (5,171) 4 0.0 2.6 (17.9)
IRS NCSU 1500 32.0 (220.6) 1500 (10,342) 6 1.0 2.2 (15.2)
IRS NCSU 1000 32.0 (220.6) 1000 (6,895) 6 1.0 2.2 (15.2)
IRS NCSU 750 32.0 (220.6) 750 (5,171) 6 1.0 2.2 (15.2)

The rocket exit was modeled as a supersonic inflow plane to
the combustor (i.e., Dirichlet boundary condition). The rocket exit
conditions for each mass ratio and chamber pressure were calcu-
lated using the NASA Glenn program CEA (Chemical Equilibrium
Applications).16 The rocket was assumed to operate at 95% com-
bustion efficiency. This was modeled in the CEA code by assuming
that 5% of the hydrogen injected into the rocket plenum was inert
and the other 95% was fully reactive.

Convergence of the numerical solutions was monitored by calcu-
lating the mass flow rate through five planes in the engine. When
the relative error between the maximum and minimum of these five
values was less than 0.1%, calculations were stopped. In addition to
mass flow rate monitoring, the pressure profiles at the final iteration
were compared with previous pressure profiles to ensure that the
solution was no longer changing.

Test Cases
Two cold-flow test cases, two ER test cases, and three IRS test

cases are presented in this work. The cold-flow and ER cases both
correspond to tests completed in the direct-connect facility at NASA
Glenn Research Center. The conditions for each of these cases are
given in Table 1.

The symbols pt,i , pc, MR, φ, and pe stand for the inlet total
pressure, rocket chamber pressure, rocket mass ratio, equivalence
ratio in the fuel–airstream, and rig exit pressure, respectively. All
pressures are given in psia (kPa). The mass ratio is defined as the
ratio of oxygen to hydrogen by mass (e.g., stoichiometric conditions
would correspond to MR = 8).

The IRS cases constitute the first three stages of a five-stage,
throttle-down process for the rocket. This purpose of this sequence
of runs is to arrive at a chamber pressure of 400 psia (2758 kPa)
while maintaining the thermal throat. The engines on the vehicle
are expected to thermally choke while the rocket is running at a
high chamber pressure (between 2000 and 1500 psia) (13,790 and
10,342 kPa). Initializing the rocket to a chamber pressure at less than
1500 psia (10,342 kPa) does not allow a thermal throat to form, but a
solution with an existing thermal throat can be throttled down gradu-
ally so that the thermal throat is maintained. The chamber pressure of
400 psia (2758 kPa) corresponds to flight conditions at Mach 2.5, just
prior to mode transition (i.e., rocket cutoff). Because the experimen-
tal rig cannot achieve a chamber pressure of 1500 psia (10,342 kPa),
future IRS tests will not follow the flight trajectory conditions in or-
der to induce thermal choking. Instead, the ratio of rocket chamber
pressure to inlet total pressure will be set sufficiently high to induce
thermal choking, subject to the constraints of the maximum rocket
chamber pressure (i.e., the inlet total pressure will start off at a low
value and then will be raised after a thermal throat is created).

Results for Cold-Flow Cases
The cold-flow results presented correspond to tests ESP 39 and

ESP 41. Calculations for these cases were presented in a previous pa-
per, but a geometry error led to significant discrepancies between the
CFD predictions and the experimental data.4 The geometry error was
corrected, and then the calculations were repeated for the two cases.

Figures 3 and 4 compare the pressure predicted by the CFD calcu-
lations to the experimental results for case ESP 39 along the center-
line and cowl 0-deg line, respectively. The term “centerline” refers
to the intersection of the symmetry plane with the flat plate in the
combustor section and the intersection of the symmetry plane with

Fig. 3 Centerline pressure comparison for ESP 39.

Fig. 4 Cowl pressure comparison for ESP 39.

the centerbody in the inlet and isolator sections. The term “cowl
0-deg line” refers to the intersection of the symmetry plane with the
cowl. The backward-facing step along the centerbody is visible as
a pressure rise at about x = −20 in. (−50.8 cm). The back of the
centerbody is located at x = 0 in. For this case, there is good agree-
ment between the predicted and measured cowl pressures along the
entire length of the engine. However, there is a discrepancy in the
centerline pressures between x = 0 and x = 20 in. (50.8 cm). This
is the region just aft of the rocket exit. Because the rocket was cov-
ered with a plate for all of the cold-flow cases, it was modeled as a
solid surface in the CFD calculations. The CFD calculations did not
capture the pressure waves in this region as well as was desired. It is
possible that the discrepancy is due to a lack of resolution (examined
in detail for later cases), but it is also possible that the Reynolds av-
eraged Navier–Stokes turbulence model may not accurately predict
the turbulent wake behind the centerbody. However, this region was
filled by the rocket plume (rather than a turbulent wake) for hot-flow
tests, and so this particular problem was unique to this case.

Figures 5 and 6 compare the pressure from the CFD prediction
to the experimental data for case ESP 41 along the centerline and
cowl 0-deg line, respectively. For this case, there is good agreement
between the predicted and measured pressures along both surfaces
along the entire length of the engine. Because this case had a higher
back pressure than case ESP 39, the flow at the exit was subsonic,
and a large region of flow separation was present along the flat
plate behind the rocket exit. Because the flow was separated at the
combustor exit, 50 in. (127 cm) of the facility was added to the grid
so that a well-posed outflow boundary condition could be enforced.
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Fig. 5 Centerline pressure comparison for ESP 41.

Fig. 6 Cowl pressure comparison for ESP 41.

For this case, the back pressure at 100 in. (254 cm) was modified until
the correct pressure at 50 in. (127 cm) (the end of the combustor)
was matched.

Results for ER Cases
The ER results presented correspond to tests ER 8081 and ER

8687, two of the ER experiments completed to date. Figure 7 shows
the centerline pressure predicted by two CFD calculations com-
pared to the experimental data for ER 8081. Figure 8 shows the
cowl pressures for the same case. One of the CFD calculations
was performed with the compressibility correction, and the other
was performed without the compressibility correction. Along the
centerline and along the portion of the cowl upstream of the flame
influence, the solution without the compressibility correction agrees
better with the experimental data. However, along the portion of the
cowl downstream of the flame influence, the solution with the com-
pressibility correction agrees better with the experimental data. This
is because the solution without the compressibility correction over-
predicts the mixing. Because diffusion flames are mixing driven,
the overprediction in mixing leads to higher heat release and thus
higher wall pressures. Both of these solutions have an additional
constraint of u ≥ 0 imposed at the exit of the combustor section.
This is because there is axial separation along the cowl, and the out-
flow boundary condition is ill-posed wherever u < 0. The constraint
was added in lieu of a domain extension because of the extreme
cost of extending the domain for a reacting solution. Also, the axial
separation region for these cases was limited to the last few inches
of the cowl surface, just before the diverging combustor section is

Fig. 7 ER 8081 centerline pressure with and without compressibility
correction.

Fig. 8 ER 8081 cowl pressure with and without compressibility
correction.

connected to the straight exhaust duct. Figures 9 and 10 compare the
seven- and nine-species reaction mechanisms along the centerline
and cowl, respectively. Both of these solutions and those that fol-
low use the Wilcox compressibility correction.15 The nine-species
mechanism provides marginally better agreement with the exper-
imental data throughout the engine. The lower wall pressures for
the seven-species case show that it is slightly underpredicting the
heat release. A slight increase in ignition delay is also visible for
the seven-species case.

Contour plots of Mach number and OH mass fraction are given
in Figs. 11 and 12, respectively. Because this is a rocket-dominated
case, the secondary flow actually chokes at around x = 35 in.
(89 cm). Because the expansion of the rocket into the secondary
flow is so extreme, this choking mechanism is due to both heat ad-
dition and area reduction in the secondary stream. The heat addition
is due partially to the mixing of the hot rocket exhaust with the sec-
ondary flow and partially to the secondary combustion where the
air and excess hydrogen mix. The resulting diffusion flame can be
seen in Fig. 12.

Figure 13 shows the centerline pressure predicted by the CFD cal-
culations compared to the experimental data for ER 8687. Figure 14
shows the cowl pressure for the same case. As expected for ER op-
eration in a relatively short combustor (50 in.) (127 cm), the heat
release is not enough to form a thermal throat. The results are in
good agreement with the experiment except for discrepancies along
the cowl in the latter half of the combustor section, where the influ-
ence of the combustion is most evident. The strong shock wave aft
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Fig. 9 ER 8081 centerline pressure with seven- and nine-species
models.

Fig. 10 ER 8081 cowl pressure from seven- and nine-species
mechanisms.

Fig. 11 Mach number contours for case ER 8081.

of the rocket exit is caused by the impingement of the rocket plume
upon the flat plate. A separation region follows this shock. The
shock, separation, and reattachment are all predicted by the CFD
solution; however, the shock-induced separation is much larger in
the experimental data. It was again necessary to enforce u ≥ 0 in
order to keep the exit boundary condition well-posed. As was the
case for ER 8081, the nine-species mechanism gives higher heat
release and marginally better agreement with the experimental data
than the seven-species mechanism.

Figure 15 shows the temperature contours for case ER 8687. Tem-
peratures of around 4500◦R are found in the flame front, whereas

Fig. 12 OH mass fraction contours for case ER 8081.

Fig. 13 Centerline pressures for case ER 8687.

Fig. 14 Cowl pressures for case ER 8687.

temperatures of around 5800◦R are found where the rocket plume
impinges on the flat plate. The rocket exhaust enters the combustion
chamber at approximately 2630◦R, and the additional fuel in the
exhaust ignites almost immediately, forming a diffusion flame that
is anchored at the rocket base plate and stretches the full length of
the combustor. The flame front can be better seen in the contours of
YOH in Fig. 16. Because significant amounts of OH are still present
at the combustor exit, the combustion is incomplete.

Reaction Mechanism Comparison for IRS
Solutions for case IRS NCSU 750 were produced using both

the seven- and nine-species reaction mechanisms. (Because no IRS
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Fig. 15 Temperature contours for case ER 8687.

Fig. 16 OH mass fraction contours for case ER 8687.

Fig. 17 Centerline pressure comparison for case IRS NCSU 750.

experiments have been completed to date, the cases designed at
North Carolina State University contain “NCSU” in their naming
convertion.) All of the fuel was injected through the upstream bank
for this comparison. These solutions with pc = 750 psia (5171 kPa)
were produced using the pc = 1000 psia (6895 kPa) solution for
an initial condition, which was produced using the pc = 1500 psia
(10,342 kPa) case for an initial condition. The reason for this is that
the calculation could not establish a thermal throat unless pc/pt,i

was high enough. The highest chamber pressure that can be repli-
cated with the experimental apparatus is 750 psia (5171 kPa), so
that case was chosen for the reaction mechanism comparison. This
will allow CFD results to be compared with experimental IRS data
once they become available.

Figures 17 and 18 show the centerline and cowl pressures, respec-
tively, for both reaction mechanisms. The huge discrepancies in the

Fig. 18 Cowl pressure comparison for case IRS NCSU 750.

Fig. 19 Temperature contours for case IRS NCSU 750.

pressure profiles are present because the seven-species solution is
thermally choked, whereas the nine-species solution is not. The large
spike in the cowl pressure is present because the data series passes
through one of the fuel injectors. Although the nine-species reac-
tion mechanism resulted in slightly higher heat release for the ER
test cases, it shows a much higher premixed ignition delay than the
seven-species mechanism. Ignition delay is fairly insignificant for
the mixing driven, diffusion flame present in ER operation (which
is stabilized by the hot rocket exhaust), but it is very significant for
the partially premixed flame structure present in IRS operation. The
slower ignition and chain-branching kinetics predicted by the nine-
species solution result in poor flame propagation and incomplete
combustion in the secondary stream. Because less of the fuel–air
mixture burns in the nine-species solution, the heat release is not
enough to thermally choke the flow. Figure 19 shows the temperature
contours for both the seven- and nine-species solutions. In addition
to the difference in flame structure, the difference in isolator flow
features can be seen in this plot. Because there is no thermal throat
in the nine-species solution, the flow physically chokes just aft of
the injectors, and a series of oblique shocks is induced by the sharp
corner where the centerbody and rocket cowl meet. These features
are not present in the seven-species solution because the flame and
thermal-throat structure provide a high enough backpressure to keep
the isolator flow subsonic. Figure 20 shows the detail of the flame
structures using mass fraction contours for monatomic hydrogen.
For the nine-species solution, there is a diffusion flame oriented
along the mixing layer between the primary and secondary streams,
but there is no premixed flame propagating out toward the cowl. For
the seven-species solution, the premixed flame propagation is fast
enough to result in the formation of a lifted, triple-flame structure
in the partially premixed secondary stream. The triple point of the
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Fig. 20 Comparison of H mass fraction contours.

Fig. 21 Estimated discretization error for temperature.

lifted flame is in the vicinity of the stoichiometric line. Two pre-
mixed branches, one rich and one lean, propagate from this point.
Behind the lean premixed branch, there is a surplus of oxidizer, and
there is a surplus of fuel behind the lean branch. A diffusion-flame
branch forms where these two regions meet.

Because it was known that the existence or nonexistence of a
thermal throat was dependent on the initial conditions of a given
simulation, the question of whether a thermally choked nine-species
solution could be attained with different initial conditions needed
to be addressed. To do this, a solution was obtained starting with
the thermally choked seven-species solution as an initial condition.
Another solution was obtained by freezing the thermal and kinetic
variables while allowing the chemical compositions of HO2 and
H2O2 to “catch up” before the thermal and kinetic variables were
allowed to evolve with time. Both sets of conditions converged to
the unchoked solution.

Grid Resolution Study for IRS
Obtaining a solution on a coarsened mesh provides an indication

for how far the fine solution is from grid converged. The pc = 750 psi
(5171 kPa) case was simulated on both the fine and coarse grids for
both reaction mechanisms. An estimate of the discretization error
for a generic variable φ is given by

Efine = φcoarse − φfine

φfine(r p − 1)

where r is the ratio of grid refinement and p is the order-of-accuracy
of the scheme.17 Figure 21 shows the estimated errors for both re-
action mechanisms assuming both first- and second-order spatial
convergence of the code and also gives the percent difference be-
tween the seven- and nine-species solutions for comparison (using
the average of the two as the reference).

Fig. 22 GCI for centerline pressure.

Fig. 23 GCI for cowl pressure.

A second-order assumption is aggressive in this case, even though
the code is nominally second-order accurate. This is because a claim
of second-order accuracy can be proved only by comparing three
grid levels; the presence of shock waves activates the limiter, and
error that is dependent on resolution in the circumferential direction
does not show up in Fig. 21. A first-order assumption is more con-
servative, even though the true error is likely somewhere between
the first- and second-order estimates. The estimated temperature er-
ror is helpful in determining the source and extent of discretization
error related to the reaction models. It can be seen that the seven-
species model contains significant discretization error related to the
location of the flame front but far less discretization error related
to the overall heat release. The high percent error in the vicinity of
the flame front is because the coarse solution has the flame front
farther forward than the fine solution, so that the reference temper-
ature in the denominator is that of the unburned fuel–air mixture.
Lower resolution raises the flame speed by increasing the amount
of numerical mass and thermal diffusion. The nine-species solution
contains little error in flame location or heat release relative to the
differences between the two reaction mechanisms.

Another useful measure of discretization error is the grid conver-
gence index (GCI), which is essentially a factor of safety of three
multiplied by the estimated error. Because of the factor of safety,
the GCI represents a confidence interval rather than simply an er-
ror estimate.17 The centerline and cowl pressure GCI are plotted
for both reaction mechanisms in Figs. 22 and 23, respectively. Be-
cause the conservative first-order confidence intervals overlap sig-
nificantly for the centerline pressure behind the rocket, it can be
said that the resolution in this region (i.e., in the region of shock
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waves and shock-induced separation) is insufficient to support con-
clusions about the influence of the different reaction mechanisms
there. However, the cowl pressure GCI bands are sufficiently sep-
arated that conclusions can be drawn and supported regarding dif-
ferences in the prediction of premixed combustion in the secondary
flow (i.e., in the region of the cowl rather than centerline data).

Reduced chemical kinetics rates in more complex reaction mod-
els are relatively common in high-speed propulsion applications.
For example, in simulations of nonvitiated, supersonic, hydrogen–
air combustion downstream of a ramped injector, Goyne et al. found
the ignition kinetics of even the seven-species model to be too
slow for proper flame stabilization, and so they reverted to a four-
species/one-step model.18,19 Increasingly complex chemistry mod-
els are proportionately more sensitive to Schmidt number effects,
and advanced models that account for the effects of turbulent fluc-
tuations on reaction rates have not yet been extensively validated
for combustion at high Mach numbers. Future work will include
a simplified temperature probability density function approach to
account for the effects of temperature fluctuations on reaction rates
and could reduce the ignition delay for the nine-species model,5

but in the absence of experimental data for IRS operation, it is
impossible to determine which approach (if any) best represents
the physics.

Conclusions
This paper has described several numerical simulations of the

GTX RBCC combustor in cold-flow, ejector-ramjet (ER), and in-
dependent ramjet stream (IRS) operation. The solutions for cold-
flow conditions and ER conditions are in reasonable agreement
with available experimental data, and IRS solutions have been ob-
tained for two reaction mechanisms and two grid sizes. Although
ER results indicate that the seven- and nine-species reaction mod-
els produce only slightly different solutions, IRS results show a
much more dramatic impact. This is because of the dependence
of premixed flame structures on ignition and chain-branching ki-
netics. IRS results also showed sensitivity to grid resolution, es-
pecially in the rocket plume where numerous shock waves are
present.
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